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ABSTRACT

Sounding rockets hold a critical role in atmospheric exploration by facilitating the gath-
ering and examination of various atmospheric factors like temperature, pressure, hu-
midity, and chemical composition. The primary objective of this project is to con-
duct tests on the payload deployment system within a sounding rocket. The key chal-
lenges include developing a motor that is safe, reliable, and consistently performs as
expected, as well as creating a recovery system, such as parachute deployment, capa-
ble of withstanding the demanding conditions of launch and subsequent high-speed or
high-altitude flight. The study centers on the comprehensive design and development
of rockets from scratch, encompassing the propulsion system, motor, and propellant, as
well as the recovery system featuring a deployment mechanism and parachute, all built
entirely from the ground up. Additionally, fully constructed avionics and payload sys-
tems are included. Specifically, a propulsion system capable of hoisting an 8-kilogram
vehicle to an altitude of 1000 meters has been designed and manufactured, with the po-
tential for further enhancements to increase altitude capabilities. Moreover, a versatile
vehicle capable of conducting missions involving payload deployment and achieving
full recovery with a built-in parachute deployment mechanism has been constructed.

Keywords: Sounding rockets, Payload deployment, Recovery system, Propellant
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CHAPTER 1: INTRODUCTION

1.1. Background

Sounding rockets are small-scale rockets designed specifically for research objectives
involving atmospheric data collection and analysis. The concept of sounding rockets
dates back to the early 20th century when scientists search for a means to investigate
the upper atmosphere and its properties. They are generally being used for global com-
munications and information transfer, weather, climate and environmental observation
and forecasting, remote-sensing/observation of the universe, and investigating space
physics phenomenon[1]. Sounding rockets have become invaluable tools in scientific
exploration, providing a cost-effective alternative to satellite-based observations.
Sounding rockets have been employed to deploy a wide range of payloads including
scientific instruments and experiments. Instruments carried on these rockets help to
collect data on atmospheric properties at different altitudes, such as temperature, pres-
sure, humidity, and chemical composition. This data provides insights into atmospheric
dynamics, climate patterns, and the behavior of air pollutants, contributing to a better
understanding of Earth’s atmosphere and its impact on our planet.

1.2. Objectives

The main objective of the project is to perform atmospheric studies using a sounding
rocket.

The specific objectives of the project are:

• To design and fabricate systems capable of carrying out missions.

• To characterize the propellant based on composition and conduct static tests.

• To perform flight tests and collect atmospheric data.

1.3. Problem Statement

Nepal does not currently have a specific system for measuring atmospheric data, which
limits the country’s capacity to carry out research and experiments in the areas of ex-
ploration, atmospheric studies, and technological innovation. Weather balloons have
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been the standard method for data collection up to this point since the unpredictable
travel of data makes system recovery expensive and impractical. Therefore, there are
constraints and difficulties in the realm of assessing atmospheric data. As the course
is predictable, the measurement device can be retrieved, and there is financial savings,
employing sounding rockets can optimize the capability for gathering superior, high-
resolution atmospheric observations.

1.4. Feasibility Analysis

1.4.1. Economic Feasibility

Various factors influence the cost of launching a sounding rocket for atmospheric data
assessment. The size of the payload, altitude requirements, mission duration, instru-
mentation for rocket production and testing, and number of sensors for data acquisition
are some of the major factors that determine the cost of launching a sounding rocket.
Securing funds and a cost-effective mission plan is required for the economic feasibility
of the project.

1.4.2. Technical Feasibility

The development of sounding rockets has a well-established technical foundation. The
required technologies for atmosphere data collection like sensors to measure atmo-
spheric data and communication between sounding rockets and ground stations are
available. This demonstrates the availability of technical resources for this project.

1.4.3. Operational Feasibility

The operation of a sounding rocket requires various secondary instruments including
launch pads, safety measures, a ground control station, and other testing equipment like
a thrust stand and pressure chamber. Safety protocols and regulations are of utmost
importance during the production, testing, and launching stage of a sounding rocket.
Sounding rocket launches must take place away from residential areas as designated by
the regulation protocol.
CAAN plays a vital role in ensuring the safe and efficient operation of rocket activ-
ities in Nepal. To conduct rocket operations, obtaining regulations and permissions
from CAAN is crucial. This includes acquiring a Rocket Launch Permit, which out-
lines launch specifics and ensures compliance with safety regulations. CAAN conducts
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a comprehensive safety assessment, considering factors like launch trajectory and po-
tential impact on surrounding areas. This assessment aims to identify and mitigate any
risks associated with the launch, prioritizing safety for airspace users and the public.
Additionally, CAAN may review the payload, especially if it contains hazardous ma-
terials or sensitive components, to ensure compliance with national and international
transportation regulations. Adhering to these regulations guarantees the safety and se-
curity of the entire launch operation.
MOHA’s role in Nepal encompasses public safety, security, and emergency manage-
ment. Depending on the project, obtaining specific regulations and permissions from
MOHA may be necessary. This can involve acquiring security clearances for project
personnel, ensuring their reliability and protecting sensitive information. Coordination
with law enforcement agencies may also be required to address security concerns and
establish appropriate security measures. Adhering to MOHA’s safety regulations is es-
sential for maintaining a safe operational environment, including protocols for handling
hazardous materials and emergency response plans. By complying with these require-
ments, the project demonstrates its commitment to public safety and security.
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1.5. System Requirement

1.5.1. Software Requirement

Table 1.1: Software Applications

Software Applications

MATLAB Calculations, graphs

CATIA V5 and SolidWorks CAD Design

OpenRocket Rocket Design and Simulation

RASAero II Aerodynamic Analysis, Stability and control
analysis, trajectory simulation, performance op-
timization, data visualization

Arduino IDE Flight computer, Data acquisition

OpenMotor Internal Ballistics Simulation

ProPrep Propellant Analysis

BurnSim Determination of Kn, Estimated Chamber Pres-
sure, performance of solid motor

RDWorks Laser Cutting and Engraving

1.5.2. Hardware Requirement

Table 1.2: Hardware Applications

Hardware Applications

3D Printer Nose cone, Various Components

Sensors Sensors: Data measurement (Temperature Sensors, Pres-
sure Sensors, GPS Module, Pollutant Sensors)

Milling Machine Nozzle, Shafts, Motor Bulkheads, components fabrication

CNC Laser Cutters

Lathe Machine

4



CHAPTER 2: LITERATURE REVIEW

Sounding rockets are unique, unmanned, and cost-effective experimental platforms for
in-situ measurements in all atmospheric layers and space. They offer real-time data
transmission, telecommand interaction, and parachute recovery for reusable payloads.
Unlike aircraft or balloons, rockets are essential for studying middle atmosphere phe-
nomena at meaningful scales through in-situ measurements, as remote sensing tech-
nologies cannot currently substitute these measurements[1].

The selection of propellant for rocket motors is crucial, and several key characteristics
must be considered. These include high performance (specific impulse), predictable
burning rate, consistent thrust and chamber pressure, suitable physical properties, high
density, reliable ignition qualities, good aging characteristics, low moisture absorption,
safe and cost-effective manufacturing, low technical risk, insensitivity to certain energy
stimuli, non-toxic exhaust gases, and combustion stability. Considering these factors
ensures the propellant meets the requirements for performance, reliability, safety, and
manufacturability[2].
Lucas de Almeida Sabino Carvallho et al. (2019): calculated and analysed the drag
forces due to different shapes of nose cone of the rocket. This paper employs compu-
tational fluid dynamics analysis to determine the most aerodynamically efficient rocket
nose cone design for academic rockets, focusing on lower drag force across various
velocities, accounting for boundary layer effects and turbulence[3]. Shapes examined
include tangent ogive, parabolic ogive, ellipsoidal ogive, and conical shapes. Mach
numbers range from 0.05 to 0.62. Results indicate that elliptical and tangent ogive
shapes exhibit superior aerodynamic properties, followed by the parabolic shape, while
the conical shape experiences the most drag. Elliptical shapes are recommended for
subsonic flights, while parabolic or tangent shapes are suggested for supersonic mis-
sions.
S. S. Sankalp et al. (2022) conducted a computational analysis on various tail config-
urations for sounding rockets. The study focused on fins with cant angles, commonly
used to minimize instability by providing a rolling moment. Aerodynamic coefficients
like Cd and Cm were examined with different angles of attack (AoA). Both trapezoidal
and elliptical fins showed increased drag coefficients with higher AoA and cant angles.
Increasing cant angle raised the rolling moment coefficient for both fin types at a con-
stant aspect ratio. The trapezoidal configuration demonstrated a higher Cm/Cd ratio than
the elliptical one, especially at higher aspect ratios, making it the optimal choice despite
experiencing higher drag[4].
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Knacke provides a comprehensive examination of parachute design principles and en-
gineering techniques. Knacke’s manual explores various aspects of parachute recovery
systems, including aerodynamics, materials, and deployment mechanisms. The review
highlights the book’s significance in providing practical insights for designing effective
parachute systems, making it a valuable resource for engineers, researchers, and enthu-
siasts in the field[5].
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CHAPTER 3: THEORETICAL BACKGROUND

3.1. Propellant Theory

Sounding rockets mostly use solid propellant as fuel for the engine. The solid propellant
possess certain very definite advantages which make them attractive to users because of
their simplicity, which are either prepackaged or cast directly into the rocket motor, and
do not require the elaborate plumbing and control mechanisms that the liquid propellant
which gives them a practical advantage of prime importance [7].

3.1.1. Composition of Propellant

The composition of the propellant is selected upon the basis of availability of the con-
stituents, cost, safety, castability, consistency of performance, and adequate perfor-
mance. The propellant is composed of Sucrose as fuel and Potassium Nitrate as the
oxidizer. The standard ratio of constituents for KNSU is 65 percent Potassium Nitrate
and 35 percent Sucrose, by mass. This ratio has proven to give the best overall perfor-
mance combined with acceptable casting qualities. The combustion temperature rises
sharply with increased O/F ratio. At the 65/35 ratio, steel nozzles suffer little or no ero-
sion, as there is an adequate margin between the theoretical flame temperature (1450◦C)
and the melting point of steel (approx. 1500◦C). At higher O/F ratios, this margin is
reduced such that a small error in weighing during preparation could result in a heat
damaged nozzle. The standard O/F ratio of 65/35 is not pourable, and must be scooped
into the casting mould[8].

3.1.2. Combustion

A rocket motor operates on the basic principle of converting heat energy, from chemical
reactions, to kinetic energy. In other words, the heat liberated by the combustion of
propellant supplies the heat energy; the high velocity exhaust products exiting the motor
have gained kinetic energy. This is why the exhaust experiences a significant drop in
temperature as it flows through the nozzle, a requirement of the thermodynamics law of
”conservation of energy”.

C12H22O11 +6.29KNO3 −→ 3.80CO2 +5.21CO+7.79H2O+3.07H2 +3.14N2

+3.00K2CO3 +0.27KOH

7



The performance of the rocket is based upon the combustion ratio and the exhaust
gaseous properties of products. The average molecular mass of the products is given
by:

Mavg =
YiMi +YjM j +YkMk + ...

Yt
(3.1)

where Mavg is the average molecular mass, Yi, Yj, Yk are the individual mass ratio of
the constituent gases, Mi, M j, Mk are the individual molecular mass and Yt is the total
mass ratio whose value is equal to unity.

The ratio of specific heats, γ is another property of the mixture of product gases.

γ =
Cp

Cv
(3.2)

The value of γ can be determined by the average values of individual constituents.

γ =
Cp

Cp −R
(3.3)

where R is the universal gas constant.

Cp =
YiCpi +Y jCp j +YkCpk + ...

Yt
(3.4)

3.1.3. Relation of Burn Rate v/s Chamber Pressure

Another important parameter of the propellant is the generalization of properties relat-
ing the burn rate at the given chamber pressure which is given by,

r = α.Pn (3.5)

where α is the pressure coefficient and n is the pressure exponent which determine the
overall variation of one property with respect to the change in another. P represents the
combustion chamber pressure and r represents the burn rate of the fuel. To determine
the values, initially the burn rate of the propellant is determined at different chamber
pressure and plotted in a graph. With the curve traced with the data points, the values
of α and n can be determined.
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Figure 3.1: Saint Robert’s model of burn rate v.s. pressure
[8]

3.1.4. Propellant Grain

A cylindrical grain refers to a type of propellant grain where the internal cross-section
remains constant along its axis, regardless of the shape of perforations. Perforations are
the central cavities or flow passages within a propellant grain, which can have different
shapes such as cylindrical, tubular, rod, or star-shaped. The most commonly used grain
type is end-burning, where the propellant burns from one end. During motor burn
time, neutral burning occurs when the thrust, pressure, and burning surface area remain
relatively constant. Progressive burning refers to a burn time where the thrust, pressure,
and burning surface area increase, while regressive burning describes a burn time where
these parameters decrease. A stoichiometric mixture is one with the correct proportions
of fuel and oxidizer for complete combustion, and the balance of oxygen determines
whether the propellant is under-oxidized or over-oxidized. At the end of burning, any
unburned propellant remaining or expelled through the nozzle is referred to as a sliver.
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Figure 3.2: Thrust Profile for Different Grains Cross Section
[9]

3.2. Nozzle Theory

The amount of thrust produced by the rocket is given as:

F = ṁ.ve +Ae.(pe − pa) (3.6)

Here, the first term represents the momentum thrust and the second term represents the
pressure thrust. The specific impulse of a rocket is given as:

Isp =
F

ṁ.g0
(3.7)

where,
g0= 9.81 m/s2

The mass flow rate:

ṁ = ρ.at .At = constant (3.8)

or,

ṁ =
P0.A∗
√

T0
.

√
γ

R
.(

2
γ +1

)(
γ +1
γ −1

) (3.9)

The velocity of the sound and Mach number:

a =
√

γ.R.T (3.10)

M =
v
a

(3.11)
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The isentropic relations are:

T0

T
= [1+

γ −1
2

M2] (3.12)

p0

p
= [1+

γ −1
2

M2]
γ

γ−1 (3.13)

ρ0

ρ
= [1+

γ −1
2

M2]
1

γ−1 (3.14)

The ratio of the local area to the throat area i.e. area mach relation is given as:

A
At

=
1
M
[

2
γ +1

(1+
γ −1

2
M2)]

γ+1
2(γ−1) (3.15)

The mach number is the function of area ratio[10].
In function of pressure ratio, this can be written as:

A
At

= (
γ +1

2
)

1
γ−1 (

Pe

P0
)

1
γ

√
(
γ +1
γ −1

[1− (
Pe

P0
)

γ−1
γ ] (3.16)

3.3. Parachute Design

The equations used to evaluate, analyse, select and design parachute recovery systems
was described by Knacke et al. (1991).
The drag force D generated by a parachute is:

D =
1
2

Cdρvt
2A (3.17)

The gravitational force on the rocket and drag force on the parachute are balanced,

mzg = D =
1
2

Cdρvt
2A (3.18)

The impact velocity is chose to be in window of 6 to 10m/s.Then, the diameter of the
fully inflated parachute is given as:

d =

√
8mzg

π.Cd.Vt
2 (3.19)

The mass mz can be defined as:

mz = m+me −mp (3.20)
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where, m is the mass of rocket, me is the mass of the rocket engine and mp is the mass
of propellant.

3.4. Stability Theory

When developing a new rocket, ensuring its stability becomes a crucial factor. Even
a slight disturbance, such as a gust of wind, can cause the rocket to deviate from its
original orientation. This deviation results in the rocket flying at an angle of attack (α),
where α represents the angle between the rocket centerline and its velocity vector.

Figure 3.3: Forces in a Rocket Body

In the presence of an angle of attack, the fins of a stable rocket generate a corrective mo-
ment to realign the rocket’s flight. This corrective moment is produced by aerodynamic
forces perpendicular to the rocket’s axis. Each component of the rocket contributes a
distinct normal force component originating from the component’s Center of Pressure
(CP), as illustrated in Figure 3.3.

Combining the separate normal forces into a single force, whose magnitude is the sum
of the individual forces, results in a force acting at the center of pressure on the rocket.
This total force creates a moment attempting to correct the rocket’s flight only if the
CP is positioned aft (behind) the Center of Gravity (CG). A statically stable rocket,
one meeting this condition, consistently generates a corrective moment when flying at
a small angle of attack.

The argument for static stability may face challenges in two scenarios: first, if normal
forces cancel each other out exactly, producing a moment with zero total force, and
second, if the normal force at the CP is in the wrong direction (downward), leading to
an uncorrective moment. However, it is emphasized that the only component producing
a downward force is a boattail, and this force is equivalent to the associated broadening

12



of the body. Consequently, the total force acting on the rocket cannot be zero nor in a
direction that produces an uncorrective moment when aft of the CG.

Stability =
CG−CP
Diameter

(3.21)

The stability margin of a rocket is defined as the distance between the CP and CG,
measured in calibers, where one caliber is the maximum body diameter of the rocket.
A common guideline among model rocket enthusiasts suggests that the CP should be
approximately 1-2 calibers aft of the CG. However, it is noted that the CP of a rocket
typically shifts upward as the angle of attack increases, and a 1-2 caliber stability mar-
gin may diminish at relatively small angles of attack, termed wind-caused instability
due to side winds.

Dynamic stability is another concern for rocketeers, even if a rocket is statically sta-
ble. Dynamic instability issues arise over time during a rocket’s flight, depending on its
shape, size, and mass. These issues include insufficient oscillation damping, too small
a corrective moment (over-damped oscillation), and roll-pitch coupling, where natural
roll frequency and oscillation frequency may coincide, leading to instability. However,
dynamic stability issues are not further considered in this thesis, and an analytical ex-
amination of the problem is recommended for a comprehensive understanding.
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CHAPTER 4: METHODOLOGY

The assignment is divided into three stages. Initially, the focus is on developing the
propulsion system, measuring thrust through static tests, designing systems, and con-
ducting tests on components such as avionics and recovery systems. The subsequent
phase involves constructing various components, including the payload, avionics, re-
covery systems, and propulsion systems integrated with the airframe structure, ulti-
mately leading to the creation of the model rocket. The final stage entails carrying
out flight tests and recovering the rocket. Data collected during these tests are then
processed to derive additional results, including air data and flight data.

Figure 4.1: Methodology Chart
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Figure 4.2: Detailed Methodology Chart

Figure 4.3: Components of Sounding Rocket

4.1. Propulsion System

Figure 4.4: Components of Propulsion System
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4.1.1. Propellant

The propellant comprised a fused mixture of Potassium Nitrate(KNO3) serving as the
oxidizer, and sucrose (table sugar) serving as the fuel and binder. The standard compo-
sition of KNSU’s ingredients is 35% sucrose and 65% potassium nitrate by mass. In our
case, a 65/35 ratio produced the best performance, with the specific impulse of 110s.
In addition, the propellant characterization data has been mainly obtained for the 65/35
ratio.

Casting and Preparation
In the process of preparing propellant, the initial step involves calculating the required
amounts of potassium nitrate (KNO3) and sucrose based on specific performance crite-
ria for the rocket. These ingredients are then combined in a saucepan, and just enough
water is added to enable the dissolution of KNO3 and sugar. The mixture is carefully
heated, progressing through distinct stages such as boiling, bubbling, and spitting, ulti-
mately reaching a smooth, putty-like consistency. This method prevents caramelization
in the saucepan, providing a longer window for packing the propellant into rocket mo-
tors. Following the heating process, the propellant needs to be packed into the mold
rather than poured and scooped.

Figure 4.5: Propellant Grain
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Safety Measure
The KNSU propellant over the years has proven to be safe. However, there are some
hazards, and the following precautions are taken:

• The propellant mixture is cooked with thermostatically controlled induction, as
the propellant is highly intolerant of overheating.

• The plumes generated during cooking pose a hazard, necessitating the mandatory
use of safety glass and masks to ensure proper protection.

• Safety measures during casting include wearing gloves for protection. Water is
kept nearby to quickly extinguish any mishap by absorbing heat from the fuel.

• The leftovers are discarded by dissolving in the hot water. The resulting solution
is not harmful.

4.1.2. Combustion Chamber

The combustion chamber serves as the tube where the combustion process occurs.
Given the cylindrical shape of the motor, it necessitates a cylindrical pipe for the cham-
ber, incorporating essential attachments for both the nozzle and engine block. During
combustion, the fuel generates a substantial amount of pressure. The combustion cham-
ber must endure the pressure resulting from the combustion process and the use of the
nozzle.

With no constraints on weight and considering budget limitations, both mild steel and
stainless steel pipes were evaluated. However, mild steel exhibited corrosion due to
the byproducts of combustion. Consequently, a stainless steel pipe was chosen for the
combustion chamber due to its corrosion resistance, allowing for multiple uses, and its
ability to withstand pressure more effectively compared to mild steel. The chosen pipe
had an inner diameter of 48 mm with a thickness of 2 mm, resulting in an outer diameter
of 52 mm.
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Figure 4.6: Stainless Steel Tube as Combustion Chamber

The design pressure of the chamber was 564 psi. For this pressure, the structural analy-
sis of the chamber was done. For the given dimensions of the chamber, maximum stress
observed is 4.6477∗107 pascal with the factor of safety of 12.

Figure 4.7: Distribution of equivalent (Von Mises) stress on the Combustion Chamber
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4.1.3. Nozzle

Initially, due to the absence of evaluated burn rate data for our propellant, we relied
on the data (α = 0.156 and n = 0.319) given by the Richard Nakka for the reference.
The initial temperature was taken as the auto ignition temperature i.e. 350◦C. The web
regression and mass flow rate was calculated determining the required diameter of throat
for the design pressure of 550 psi. The nozzle dimensions are outlined in the figure 4.9.
Although the resulting nozzle produced a flow that was under-expanded, the thrust of
671 N produced was sufficient for phase I flight.

(a) (b)

Figure 4.8: Nozzle (Phase I Motor)

The diameter of combustion chamber was increased for the motor of the phase II flight
in order to increase the maximum thrust and burn time. The design pressure of the
nozzle initially was chosen as 900 psi with the theoretical peak thrust of 1565 N.

(a) (b)

Figure 4.9: Nozzle (Phase II Motor)
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4.1.4. Ignition System

(a) (b)

Figure 4.10: Type A (left) and Type B (right) Igniter

The rocket’s motor requires an ignition system to initiate combustion. The choice of
ignition system is critical because the burning surface of the fuel significantly impacts
motor performance, affecting thrust, impulse, burn time, and pressure. In our case, it
is essential to ignite the entire surface of the core initially. There are two methods for
igniting the core.

In the first type of igniter, labeled Type A, the igniter is positioned at the motor’s top and
contains a canister with a black powder charge. This black powder is ignited using a
nichrome wire heated by a power source. The pressure resulting from the black powder
explosion then initiates the fuel combustion. The onboard computer can control the
entire ignition system in this case.

In the second type of igniter, referred to as Type B, the igniter is inserted through the
nozzle from the bottom. A small packet of black powder, along with a nichrome wire,
is placed at the top of the motor through the nozzle. The gunpowder ignites through the
nichrome wire, powered by the ground station. Consequently, the pressure generated
by the burning black powder expels the ignition system from the motor and ignites the
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fuel.

Both types of igniters were tested. Type A proved more effective than Type B, as it
doesn’t impede the flow during combustion. However, Type A faced gas leakage issues
due to the necessity of connecting the nichrome through the engine block of the motor
tube. On the other hand, Type B, despite obstructing the flow, is comparatively simpler.
Additionally, leaving the ignition system on the ground reduces the rocket’s weight
during tests.

4.1.5. Static Test

A thrust stand is essential for conducting static thrust measurements on a motor. The
static tests provide crucial data regarding propellant performance, thrust, burn time, to-
tal impulse, and specific impulse. This data allows for the evaluation of key parameters
such as chamber pressure, characteristic velocity, and thrust coefficient.

In the earlier design of the thrust stand, a linkage mechanism was utilized to secure the
booster against the load cell. As part of a project initiative, this linkage mechanism was
replaced with linear bearings and a dedicated platform to support the motor.

(a) (b)

Figure 4.11: (a) CAD design of Linear Bearings (b) Thrust Stand
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(a) (b)

Figure 4.12: Static Test

4.1.6. Ballistic Evaluation Motor

Ballistic Evaluation Motor (BEM) is the representative of the rocket motor and is static
tested to evaluate the ballistic parameters such as burning rate, specific impulse, and
thrust[11]. The setup for this motor is illustrated in the figure. The principle is simple,
with the grain ignition occurring from one end and burning along the length. The burn-
ing area and steady-state operating pressure remain constant.

(a)
(b)

Figure 4.13: (a) Schematic representation of BEM Setup (b) BEM Setup
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The steady-state chamber pressure is given as,

P0 = c∗.ρ.r.Kn (4.1)

and from the Saint Robert’s law,

r = α.Pn

where,
r is the burn rate.
Kn is the ratio of the burning surface(Ab) to the area of the throat(At). For the different
diameters of the throat, Kn is different. Hence, the value of burn rate coefficient(α) and
pressure coefficient(n) is obtained.
For the slow-burning propellant, the end-burning grain configuration may not be practi-
cal to generate the required pressure (or the required throat diameter may be too small).
In this case, side burning with the slab grain can be used.[8]

4.1.7. Pressure Chamber (Crawford Strand Burner)

Figure 4.14: Crawford Strand Burner

A strand burner is an apparatus designed for measuring the burn rate of solid propellants
under elevated pressure conditions. In this experimental setup, a defined length of the
propellant is carefully arranged within a chamber, subject to controlled pressure condi-
tions. Two ends of the propellant strand are positioned in contact with thermocouples,
allowing for the precise measurement of temperature at each end. The temperatures
recorded by the thermocouples, along with corresponding time stamps, are crucial data
points. The burn rate of the propellant is determined by analyzing the time difference
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between the peak temperatures recorded at the two ends. This process is repeated at
different chamber pressures. The resulting data burn time at defined pressure is used to
calculate the burn rate coefficient (α) and pressure exponent (n).

4.2. Aerodynamics

The aerodynamics of a rocket play a pivotal role in its performance and trajectory
through the atmosphere. In the context of our sounding rocket designed for atmospheric
studies, the aerodynamic considerations are paramount for ensuring stability, control,
and optimal performance during ascent and descent.

4.2.1. Nosecone

The nose cone’s form is essential in reducing aerodynamic drag as the rocket ascends.
Various nose cone shapes, including conical, ogive, or parabolic, influence the airflow
around the rocket, diminishing resistance and enhancing overall stability. Given that the
parabolic shape minimizes drag, it is preferred for its aerodynamic efficiency.

Figure 4.15: Drag on different shapes of Nosecone
[3]

4.2.2. Fins

Fins are integral to a rocket’s aerodynamics, serving as crucial elements intended to
enhance stability, control, and overall flight efficiency. They contribute to stability by
generating aerodynamic forces that resist deviations from the intended flight path, en-
suring a straight trajectory and preventing tumbling or spinning.
The positioning of fins also impacts the rocket’s center of pressure (CP), the point where
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the sum of aerodynamic forces is considered to act. Well-placed fins guarantee that the
CP is located behind the rocket’s center of gravity (CG), enhancing stability. Fins cre-
ate both drag and lift forces, with drag aiding in stabilization and lift counteracting the
rocket’s weight. The lift direction typically aligns perpendicular to the rocket’s longitu-
dinal axis.

The dimensions, shape, and orientation of fins significantly influence aerodynamic per-
formance. Larger fins generally offer increased stability but may also elevate drag.
Different fin shapes, such as trapezoidal or delta, exhibit distinct aerodynamic charac-
teristics. Fins can influence the angle of attack (AoA), defined as the angle between the
rocket’s longitudinal axis and the oncoming airflow. Maintaining an appropriate AoA is
crucial to prevent instability. Ensuring the proper attachment of fins to the rocket body
is essential. The attachment method, including the number and placement of fins, plays
a pivotal role in determining overall aerodynamic performance.

4.3. Airframe System

Figure 4.16: Components of Airframe System

4.3.1. Body Tube Fabrication

During the creation of the sounding rocket, the pivotal aspect of the process involved
the fabrication of the body tube. This component plays a crucial role as it accom-
modates nearly all rocket elements, shielding them from external environmental fac-
tors. The body tube encloses the flight computer, ejection bay, payload components,
motor/engine, and recovery systems, while also serving as the attachment point for
fins, nosecone, and launch lugs. To meet specific criteria, the body tube or fuselage
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must possess qualities such as rigidity (resistance to deformation upon impact), ease of
modification for component assembly, compatibility for attaching various tubes, and,
importantly, lightweight construction with uniform thickness to prevent undue weight
increase.
Considering these requirements and constraints, the body tube was constructed using a
glass fiber composite. The fabrication process involved utilizing a mixture of resin and
hardener combined with fiber cloth and glass fiber. The resulting density of the devel-
oped fiber composite was 0.95 gm/cm3. Another potential material option for the body
tube was PVC pipe, which has a density of 1.4 gm/cm3. However, manual structural
testing revealed that the PVC pipe suffered damage upon impact. As a result, the choice
was made to use the glass fiber composite for the actual body tube, meeting the speci-
fied criteria for the sounding rocket’s construction. The step-wise method of fabrication
is mentioned below:

Step 1: Define Dimensions: Specify the size (diameter and length) of the body
tube.

Step 2: Establish Fabrication Setup: Create the necessary arrangement for
constructing the body.

Step 3: Choose/Create Mold: Select or create a mold for layering the fiber.

Step 4: Prepare Setup with Filament Winding Method: Set up the apparatus
with the filament winding method for composite fiber development.

Step 5: Utilize Butter Paper: Apply butter paper in the initial layer to prevent
the composite from sticking to the mold.

Step 6: Place Fiber Cloth Layer: Add a layer of fiber cloth.

Step 7: Apply Resin Mixture: Paint a prepared resin mixture over the cloth to
wet it, removing excess resin.

Step 8: Roll Glass Fiber Layer: Roll a layer of glass fiber after completing the
first layer, similar to step 7. This combines the flexibility of the cloth with the
strength and rigidity of the glass fiber.

Step 9: Add Final Fiber Cloth Layer: Place a final layer of fiber cloth and paint
a finishing layer of resin.

Step 10: Allow Model to Dry: Leave the model to dry for 24 hours under stan-
dard room conditions. And remove the model from the mold.
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Figure 4.17: Final Model of the Body Tube

Step 11: Conduct Manual Structural Drop Test: Test the body tube through a
manual structural drop test to ensure it can withstand impact.

4.3.2. Nosecone

The nose cone is an essential component within the airframe structure of a rocket, po-
sitioned at its forward-most part and designed to perform diverse functions related to
aerodynamics, structural strength, and safeguarding the payload. The primary roles of
the nose cone within the airframe structure include:

• Structural Support:
The nose cone actively contributes to enhancing the overall structural strength of
the rocket. It establishes a connection with the body tube or fuselage and imparts
rigidity to the front end of the rocket. Considering structural aspects, the nose
cone will be manufactured using a glass fiber composite.

• Payload Protection and Integration:
The nose cone acts as a protective housing for the payload, encompassing com-
ponents such as a microcontroller, sensors, battery, and various electronic ele-
ments. It serves to shield the payload from the effects of aerodynamic forces,
atmospheric conditions, and potential damage during the rocket’s ascent.

• Attachment Point for Recovery System:
Frequently serving as the attachment point for the recovery system, the nose cone
hosts the deployment mechanism for parachutes or alternative recovery devices
for the payload. This feature significantly contributes to ensuring the secure de-
scent of the payload during the recovery process.
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4.3.3. Motor Mount

Motor mounts play a crucial role in securing and supporting the rocket motor, providing
structural stability, and ensuring the proper functioning of the propulsion system during
flight. The attachment of the motor to the body tube and bulkhead involves the use of
flanges, centering rings, and inner body tubes. To ensure reliability and flexibility, a
method is adopted that allows the placement of the grain just before the test, preserving
the fuel from the effects of humidity and the environment. Additionally, the motor
mount serves as the point of attachment for the fins and is designed to be compatible
and adjustable, facilitating easy attachment to the body tube.

Figure 4.18: Motor Mount and Fins Assembly
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4.3.4. Avionics Bay

Figure 4.19: Avionics Compartment with Battery (bottom) and Electronics (top)

The avionics bay serves as the enclosure for electronic elements, power distribution, and
wiring. It is configured to include vents that facilitate the interconnection of wires, as
illustrated in the figure, and to accommodate the attachment of electronic components.
Within the avionics bay, the electronics are contained within a dedicated electronic box
featuring vent holes. This design is particularly important for sensors like BMP 180,
which need to sense the external ambient air. The avionics bay incorporates support
pillars to ensure the stability of the electronics, preventing disarray in the event of an
impact.

4.3.5. Payload Bay

The payload bay serves as the enclosure for electronic elements which includes micro-
controller and atmospheric data sensors. It is connected to the parachute and is released
separately when the rocket reaches its maximum altitude. The electronic components
are enclosed within a dedicated electronic box featuring access holes through which
sensors are in contact with the air to obtain atmospheric data. Enclosed within the
body’s nosecone, the payload bay comprises three distinct sections. At the base, there
is a compartment housing a microcontroller and an SD card module. In the middle sec-
tion, a compartment accommodates GPS and GSM modules. The uppermost section is
dedicated to atmospheric data sensors. The atmospheric data sensors are placed in the
uppermost section to ensure continuous contact with the surrounding atmosphere while
collecting data during its descent.
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4.3.6. Fins

Fins play a crucial role in the aerodynamics and stability of a rocket, as they are posi-
tioned externally to the body tube and subjected to aerodynamic forces such as lift and
drag. The selection of their shape and dimensions is based on simulations conducted
using OpenRocket software. Should a single fin detach or sustain damage, it can result
in significant instability for the rocket. Therefore, careful attention to the design and
attachment of the fins is essential. Materials like acrylic sheets is considered based on
requirements, ease of fabrication, and attachment.

The placement of the fins is another critical factor. To counteract the effects of lift on
the fins, they are positioned parallel to the body tube. Fins are integrated into the tube
to form a single component, and this assembly is then inserted into the body tube. This
approach helps eliminate assembly errors, particularly in areas with cutouts in the body
tube.

4.3.7. Recovery System Compartment

Figure 4.20: Recovery System Compartment with Black Powder Canister, Drogue
Parachute, and Main Parachute (from left to right)

The recovery compartment comprises three distinct sections: the ejection charge com-
partment, the drogue compartment, and the main parachute compartment. These seg-
ments are housed within separate tubes, allowing for individual assembly and subse-
quent integration into the primary airframe. The ejection compartment, a sealed and
pressurized tube, utilizes the pressure generated by a black powder charge to facilitate
the separation between the lower motor section and the upper airframe. This design
ensures modularity and ease of integration for the recovery system within the overall
structure of the designed vehicle.
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4.4. Launch Stand

4.4.1. Introduction

An above-ground structure used for the vertical launch of a rocket, missile or spacecraft
is called a launch stand. Launch stand can refer to the entire complex (launch complex)
or just the primary launch platform (mobile launcher platform).

In the context of our project we designed and fabricated a simple model of launch stand
that can support the rocket and guide it during the initial phase of its flight.

4.4.2. Geometry

The launch stand of height 300 cm that contains four vertical mild steel section of 1
by 1 inch and a base plate of normal plywood of thickness around 20mm was made in
order to support our rocket of height 1.8-2m.

Figure 4.21: Rocket body loaded in Launch Stand
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4.5. Avionics and Payload

Figure 4.22: Components of Payload and Avionics System

4.5.1. Electronics Components

1. Flight Computer : The flight computer is utilized to regulate the ignition sys-
tem, activate the recovery mechanism, and release the payload during launch.
The flight sensors are included which gathers the flight data. The flight computer
is also included in the payload. This flight computer contains flight sensors to
gather flight data and atmospheric data. The battery is used as a power source for
both these flight computers. The obtained data is post-processed to obtain flight
information and atmospheric data.
The flight computer consists of a microcontroller (ESP32 and Arduino Nano),
accelerometer (MPU6050), altimeter (BMP180), and SD Card Module. The mi-
crocontroller, sensors, and modules are connected to the battery through a voltage
regulator (LM2596 DC-DC Buck Converter Step Down Module).

2. Flight Sensors : MPU6050 is used as an accelerometer. This sensor gives values
of linear acceleration and angular acceleration in the x, y, and z axes. This value
is post-processed to determine the trajectory of the rocket body. BMP180 is used
as an altimeter. This sensor gives values of the altitude of the rocket body based
on differences in atmospheric pressure concerning altitude. This altitude value is
used as a logic circuit for the release of the parachute at the maximum height.

3. Data Storage : SD Card Module is used for flight data storage. The data from
sensors are stored in an SD card. The data obtained then can be post-processed
to get the required information on the flight path.
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4. Power Systems : The microcontroller is powered using a 2 3.7 Volt 2-shell
lithium-ion battery through a voltage regulator. LM2596 DC-DC Buck Converter
Step Down Module is used as a voltage regulator to step down the voltage ob-
tained from the lithium-ion battery. The voltage is stepped down to 5 Volt to
power the microcontroller. The pyro technique is used in the recovery deploy-
ment system which requires a second battery for igniter.

5. Recovery Deployment System : The release of the parachute through the pyro
technique is triggered through the relay. The relay is triggered using a microcon-
troller using the data obtained from the altimeter. The relay is triggered as soon
as the altitude of the rocket body starts decreasing from its maximum altitude.
At the same time, the payload from the nosecone is released using the same pyro
technique. It measures atmospheric data.

6. Atmospheric Data Sensors : The payload of the system consists of a microcon-
troller with atmospheric data sensors. The data sensors for the atmospheric data
collection are PM (Particulate Matter) sensor (PMS5003T) to measure particu-
late matter in the atmosphere. DHT22 sensor is used to measure temperature and
humidity. BMP180 is used to measure atmospheric pressure. GPS module is also
included in the payload to obtain location data. GSM module is included which
acts as a telemetry that sends location data during flight.

4.5.2. Avionics System

Figure 4.23: Avionics System
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In the avionics system, ESP32 is used as a microcontroller, BMP180 as an altimeter,
MPU6050 as an accelerometer, and relay to activate the pyro technique to release the
parachute.

4.5.3. Payload System

Figure 4.24: Payload System

In payload, Arduino Nano is used as a microcontroller, BMP180 as a pressure sensor,
PMS5003T as particulate matter (PM) sensor, DHT22 sensor as humidity and temper-
ature sensor, GPS module to obtain the location of payload, GSM SIM 900 to send
location data.

4.5.4. PCB Fabrication

The PCB fabrication is done in a single-side copper layer printed circuit board.

Step 1: PCB Design: PCB is designed in software (KiCAD) based on required
electronics and dimensions.
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Step 2: Design Print: The mirrored PCB design is printed on special transfer
paper using a laser printer.

Step 3: Copper Board Preparation: The copper-clad board is cleaned with
sandpaper to make it free from oxidation or contamination.

Step 4: Design Transfer: The printed side of the transfer paper is aligned to the
copper board. A laminator is used to apply even pressure and heat which transfers
the toner onto the copper board.

Step 5: Cooling and Peeling: The board is allowed to cool down and the transfer
paper is gently peeled off. The toner sticks to the copper board showing your
circuit design.

Step 6: Etching: The board is immersed into the solution of HCl and H2O2 (ratio
= 1:3). The exposed copper is dissolved, leaving only the traces protected by the
toner.

Step 7: Cleaning and Inspection: After etching, the toner is removed using
acetone. The board is cleaned thoroughly. The board is inspected thoroughly.

Step 8: Drilling and Finishing: The holes for component leads and mounting
are drilled.

Step 9: Soldering Components: The components are soldered using soldering
wires using soldering iron.

4.6. Recovery System

The recovery system consists of a drogue and a main parachute. The main parachute is
hemispherical and will be manufactured with lightweight taffeta fabrics. A thin braided
nylon cord will be used for the suspension lines.
We initially created small parachutes using paper first to confirm their shape and de-
sign. Following that, we made a miniature fabric parachute using nylon to confirm the
viability of the manufacturing process. The main parachute is manufactured based on
the reference of these prototypes.
The assembly was designed in such a way as to ensure the ejection of parachutes by
limiting the amount of pressurization volume using the recovery tube. The use of a
recovery tube also allowed quick and more efficient integration into the rocket. The
concept of using a recovery tube was developed after the first test of the recovery sys-
tem in which we faced the problem of the parachute tangling with the pins of the main
body. The separation of the rocket body was triggered by the black powder charge. In
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our case, because of the low apogee, we used a single triggering mechanism, and the
main parachute was completely pulled by the drogue parachute.
The square canopy parachute was used for the design. These parachutes were easy to
manufacture and had high drag coefficients ranging from 0.75 to 0.8[5].

4.6.1. Design Decisions

1. Separation Method: The black powder charge canister was successfully tested
for triggering the deployment system. We continued with the same method in our
final design. Even though there was inherent variability of black powder, espe-
cially at high altitudes (low pressures) [19], our decision was solely based upon
the fact that our apogee was below one kilometer and there were no significant
pressure changes. In the alternative, a CO2 canister-based deployment system
was also studied but later it was dropped as it proved to be costly.
The amount of black powder charge required for the separation is given as,

Charge needed for separation = (Inner Diameter of Body Tube)2 x (Length of
Body Tube) x 0.006 [20]

2. Self-contained system: Rather than directly inserting the parachute in the body
frame, we adopted an interference-fit inner tube recovery bay system. The re-
covery bay can be packed and wired independently from the main airframe. This
solves the problem of tangling with the main airframe. The fully assembled sys-
tem can be slid into the airframe, which eases our assembly process.

4.6.2. Sizing

A MATLAB program was constructed to size the main parachute based on “The Parachute
Manual: A Technical Treatise on Aerodynamic Decelerators” by Dan Poynter (1984)[21].
The main parachute has an area of 2.94 m2 and was designed to slow down the 8 kg
rocket to the speed of 8 m/s. The calculations were done for 300m altitude; assum-
ing the ground level for the launch site. The decent rate does not account for the drag
caused by the rocket, which can be substantial. Also, the drag coefficient as we decided
to use taffeta fabric, we used the coefficient of drag to 0.7.
The drogue terminal velocity window was set to be between 20 and 25 m/s [5] to max-
imize the falling rate without incurring critical damage in the unfortunate scenario of
the failed deployment system. The design of the drogue parachute will be based on the
weight of the main parachute system.
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(a) (b)

Figure 4.25: (a) Parachute Sizing (b) Terminal Velocity vs Diameter

4.6.3. Configuration

The lengths of the shock cords were determined experimentally. They were determined
to minimize the likelihood of the separated airframe halves colliding. They were also
sufficiently long to decelerate upon separation so that the airframe sections did not
rebound into each other when they hit the end of the cord. The deployment bag had low
friction and did not obstruct the main parachute lines from opening.

Figure 4.26: Schematic Representation of Recovery System
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4.6.4. Fabrication and Testing

The parachutes were crafted using taffeta fabrics. Initially, we fabricated the parachute
for the payload, checking the feasibility of the manufacturing process. Deployment of
the parachute was also tested, achieving the desired inflation and drag. We calculated a
drag coefficient of 0.68. Subsequently, we moved on to fabricating the drogue and main
parachutes. For visibility during deployment in flight, the drogue and main parachutes
were made from contrasting colors.

(a) (b)

Figure 4.27: (a) Parachute deployment test (b) Main parachute

The joints were seam-stitched to ensure the integrity of the connections. Suspension
lines were made using drawstrings. During the ejection test, a small section of the
canopy was damaged due to the gunpowder charge. This was patched and subjected to
ground testing by running to ensure its effectiveness.

4.7. Body Assembly

The body is divided into three distinct parts: lower body, upper body and nosecone.

Figure 4.28: CAD Model of Rocket Body
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Figure 4.29: Exploded view of Rocket Body

Figure 4.30: Fabricated Full Scale Model of Phase I

4.7.1. Phase I

The total length of body is 186 cm and total mass of body is 6458 gm. The diameter of
the body is 11.6 cm. The lower body consists of a motor, fuel, fins and parachute bay.
The motor is inserted into motor casing and is inserted to the lower body. The bulkhead
is kept above the motor which is attached to the lower body. Centering rings are present
to support the motor. Fins are attached to the body using cutout in the lower body. The
upper side of lower body consists of parachute bay which is attached to the lower body.
The upper body consists of electronics bay and black power charge canister to separate
the body during recovery. The nosecone is attached to the upper body.

Figure 4.31: Full Scale OpenRocket Model of Phase I
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4.7.2. Phase II

The total length of body is 212 cm and total mass of body is 9724 gm. The diameter
of the body is 11.4 cm. The lower body consists of a motor, fuel, fins and parachute
bay. The motor is inserted into motor casing and is inserted to the lower body. The
bulkhead is kept above the motor which is attached to the lower body. Centering rings
are present to support the motor. Fins are attached to the body using cutout in the lower
body. The upper side of lower body consists of parachute bay which is attached to the
lower body. The upper body consists of electronics bay and two black power charge
canister to separate the paylaod (nosecone) of the body and separate upper and lower
body during recovery. Upper side of the upper body also consists of the parachute for
the nosecone. The nosecone is attached to the upper body which consists of payload
with atmospheric sensors.

Figure 4.32: Full Scale OpenRocket Model of Phase II
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CHAPTER 5: RESULTS AND DISCUSSIONS

5.1. Phase I

5.1.1. Static Thrust Tests

1. December 21, 2023
The static test of our propulsion system was accomplished. The mass of the motor
(mixture of oxidizer and fuel) was 537 grams with a density of 1.8876 gm/cm3.
The four-grain motor was used where the length of each grain was 50 mm, having
grain diameter and core diameter of 45 mm and 15 mm respectively.

Figure 5.1: Thrust Curve (December 21, 2023)

The static test resulted in a burn time of 1.6 seconds with a peak thrust of 671
Newtons. The calculated values of total and specific impulse obtained are 580 Ns
and 110 seconds.
The motor with the above specifications was incorporated into the OpenRocket
design platform, the calculated peak altitude was 215 meters. The maximum
acceleration and velocity were 106m/s2 and 66.7m/s respectively.
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2. February 1, 2024

Figure 5.2: Thrust Curve (February 1, 2024)

The second static test, performed with a total mass of 472 grams, featured a grain
lacking both inhibited surfaces, leading to a burn duration of 1.2 seconds and a
peak thrust of 672 Newtons. The resulting total impulse was calculated as 478
Ns, with a specific impulse of 103 seconds.

3. February 4, 2024

Figure 5.3: Thrust Curve (February 4, 2024)

The test was carried out using fuel that had been stored for two days and exposed
to a humid environment for several hours before testing. This led to a notable

42



degradation in the performance of the fuel. Consequently, a burn time of 1.3 sec-
onds was achieved, with a peak thrust of 584 Newtons.

4. February 5, 2024
The test was conducted with the fuel vacuumed and sealed, and precautions were
taken to prevent exposure to the humid environment. As a result, the burn time
lasted 1.24 seconds, reaching a peak thrust of 685 Newtons.

Figure 5.4: Thrust Curve (February 5, 2024)

Additional examination of the static test and the performance of the propellant reveals
its high hygroscopic nature, making it susceptible to environmental factors such as hu-
midity and temperature. Therefore, adequate airtight seals are necessary for prolonged
storage. Surface inhibition significantly impacts both burn duration and the overall
thrust curve.

5.1.2. Flight Test

The flight trial of Barbarika took place on February 6, 2024, aiming for an apogee of
250 meters. The setup comprised standard electronic components such as a flight com-
puter, SD card storage, BMP 180, MPU 6050, GSM SIM900 Module, GPS Module,
and power supply. However, the actual apogee achieved was 240 meters, following a
vertical launch. This ensured the stability of the rocket. The deployment charge func-
tioned as expected during this flight. Nonetheless, a malfunctioning cord led to a faulty
deployment of the parachute, resulting in the failure of the recovery system. Despite
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the crash, the structure remained intact, allowing for the full recovery of data and other
components.

Figure 5.5: Flight Test of Barbarika (Phase I)

Figure 5.6: Altitude graph from the Phase I Flight Test

The graph displays altitude over time, showcasing both the original data and a filtered
version obtained using the movmean function. The starting altitude of the test location
was 118 meters above sea level, with a peak altitude of 358 meters above sea level
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indicating the total height attained as 240 meters from the ground. The entire flight
duration was 17.2 seconds, during which the rocket reached its maximum altitude of
7.2 seconds.

Figure 5.7: Graphical Representation of Phase I Flight Test

The graph represents the overall flight test. The acceleration data is compared with the
altitude data to deduce the points. At point 1, ignition of the propellant was done, where
at 2, the vehicle started to lift off, a sudden change in acceleration could also be seen.
At point 3, the vehicle reached the maximum acceleration attained due to combustion,
and there was a drop in acceleration. Point 4 signified the motor burnout. The vehicle
reached the maximum altitude at point 5. After a 5-meter decrease in altitude, the
ignition charge was triggered for the parachute deployment. It could be seen at point 6
and also signified by the sudden change in acceleration. After the body separation, the
vehicle touched the ground at point 7.

5.2. Phase II

5.2.1. Static Thrust Tests

1. February 28, 2024
The static test of the propulsion system for the Phase II flight test was conducted.

45



The mass of the motor (mixture of oxidizer and fuel) was 1046 grams with a
density of 1.8876 gm/cm3. The five-grain motor was used where the length of
each grain was 50 mm, having grain diameter and core diameter of 57 mm and
20 mm respectively.

Figure 5.8: Thrust Curve (February 28, 2024)

The static test resulted in a burn time of 1.3 seconds with a peak thrust of 1543
Newtons. The calculated values of total and specific impulse obtained are 610 Ns
and 59 seconds. The consequence was the failure of the bulkhead and an abrupt
decrease in thrust caused by a drop in pressure.

2. March 4, 2024

Figure 5.9: Thrust Curve (March 4, 2024)
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The enhancements made to the bulkhead and grain configuration, incorporating
surface-inhibited grain, yielded a maximum thrust of 1884 N with a burn time of
1.1 seconds during the static test. The calculated values for total impulse and spe-
cific impulse obtained from this test are 1237 Ns and 119 seconds, respectively.

5.2.2. Flight Test

The motor with a maximum thrust of 1884 N was selected for Phase II flight test. Upon
integrating this motor into the OpenRocket software, with a total weight of 9724 grams,
it indicated an apogee of 638 meters and a stability of 1.93 calibers. Conducted on
March 8, 2024, the test flight encountered failure due to nozzle detachment from the
motor, resulting in a lift-off height of only 20 meters.
Subsequently, the motor initially designated for the Phase I flight test was repurposed
to evaluate the deployment systems. The second flight trial, held on March 9, 2024,
targeted an apogee of 170 meters. Equipped with avionics and a payload system, the
actual apogee achieved was 114 meters, affected by wind velocity during the vertical
launch. Despite this, the rocket demonstrated stability. During this flight, the deploy-
ment charge functioned as intended, facilitating both payload deployment and recovery
system activation. The test experienced partial success due to insufficient altitude, pre-
venting the parachutes from fully inflating and reaching terminal velocity.

Figure 5.10: Altitude graph from the Phase II Flight Test

The graph displays altitude over time, showcasing both the original data and a filtered
version obtained using the movmean function. The starting altitude of the test location
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was 118 meters above sea level, with a peak altitude of 262 meters from sea level with a
total height of 144 meters from the ground. The entire flight duration lasted 12 seconds,
during which the rocket reached its maximum altitude in 3.5 seconds.

Figure 5.11: Graphical Representation of Phase II Flight Test

The graph represents the overall Phase II flight test. The acceleration data is compared
with the altitude data to deduce the points. At point 1, ignition of the propellant was
done, where at 2, the vehicle started to lift off, a sudden change in acceleration could
also be seen. At point 3, the vehicle reached the maximum acceleration attained due to
combustion, and there was a drop in acceleration. Point 4 signified the motor burnout.
The vehicle reached the maximum altitude at point 5. After a 5-meter decrease in
altitude, the ignition charge was triggered for the payload deployment. It could be seen
at point 6 and also signified by the sudden change in acceleration. The body separated
for recovery parachute deployment after 5 seconds at point 7. After the body separation,
the vehicle touched the ground at point 8.
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5.2.3. Atmospheric Data

Figure 5.12: Atmospheric Data from Phase II Flight Test

The payload was equipped with PM sensors, humidity, and temperature sensors. De-
spite their capabilities, the low sampling rates of 1 Hz from the sensors and constrained
flight duration rendered them incapable of providing the required measurements. Upon
deployment at maximum altitude, the payload descended to the ground over a span of 8
seconds. However, it failed to achieve terminal velocity due to insufficient height above
ground level for data collection purposes.
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5.3. Problems Faced

• An issue was encountered with the burn rate of the propellant. This problem arose
due to impurities present in the oxidizer (KNO3) obtained from the supplier.

• In the Crawford Strand Burner setup for the pressure chamber test, the thermo-
couples were unreliable and provided inconsistent data. The Ballistic Evaluation
Motor (BEM) method was simple and the initial test gave promising results.

• While working on the rocket’s electronics, an issue with power distribution be-
tween the igniters triggering the black powder charge for separation and the mi-
crocontroller was encountered.

• The significant challenge during our motor test for the phase-II flight was pressure
leakage from the chamber at the attachment point of the chamber and engine
block.

• In some instances, the materials with the desired characteristics were either ex-
pensive or simply unavailable in the market.

5.4. Limitations

• The trajectory of a rocket solely depends on stability. There are no measures in
place to control thrust through fins actuation and thrust vectoring.

• The KNSU propellant exhibits lower efficiency compared to other propellants
such as APCP. The KNSU has 20% less specific impulse (Isp) than the black
powder charge.

• The data obtained from the sensors(PMS, DHT22) to the microcontroller has a
low sampling rate.
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5.5. Budget Analysis

The overall budget analysis for our project is presented below. This budget analysis pro-
vides a breakdown of the anticipated expenses for development, material procurement,
manufacturing, testing, launch operations, and other associated costs.

Table 5.1: Budget Estimation

S. No. Name of Particulars Cost (Rs)
1 Electronics (Sensors, Processors, Batteries, etc.) 25,000/-
2 Body Fabrication 10,000/-
3 Booster Motor 20,000/-
4 Recovery Systems 6,000/-
5 Pressure Chamber 5,000/-
6 Thrust Stand modification 3,000/-
7 Launch Stand 8,000/-
8 Travel Expenses 35,000/-
9 Miscellaneous 10,000/-

Total 122,000/-
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CHAPTER 6: CONCLUSION

In summary, the construction of a full-scale model rocket encompassing components
such as the main airframe, electronics bay, payload, and recovery systems has been
completed. The airframe was crafted using glass fiber composites to ensure structural
strength and operational flexibility. The flight computer, incorporating MPU 6050 for
acceleration and gyroscopic data, and BMP180 for pressure altitude and temperature
data, served as the primary sensors.

Integration of the payload included the PMS5003t for particulate matter sensing and
DHT11 for humidity and temperature sensing. Systems featuring ejection devices for
recovery were developed and subjected to testing.

Static thrust stand tests were conducted in two phases, with general thrust values of 671
Newtons for a 45 mm motor and 1884 Newtons for a 57 mm motor, each serving dif-
ferent launch objectives. Depending on the grain configuration, observations revealed
both neutral burning and progressive burning of the propellant, contributing to the char-
acterization of the thrust curve.

Flight tests were carried out in two phases, yielding partial success. The initial test
focused on body separation for recovery deployment, while the subsequent test concen-
trated on payload and recovery deployment at specific intervals. The integrated payload
sensors operated at a low sampling rate of 1 Hz. With a flight duration of 12 seconds
and limited altitude above ground level, the parachutes failed to fully deploy, impeding
the attainment of terminal velocity and resulting in sparse atmospheric data samples.

In conclusion, a fully functional full-scale model rocket capable of executing its desig-
nated missions was designed and constructed. It possesses the capability to reach target
altitudes, deploy payloads, and recover the body utilizing the recovery deployment sys-
tem.
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Scope for Future Enhancement

Prospective advancements in sounding rocket technology may center on propellant
characterization beyond KNSU, investigating the integration of multi-stage Solid Rocket
Boosters (SRB), and enhancing intricate systems such as fin actuation, thrust vector
control, and landing leg mechanisms. Enhancing the rocket’s propulsion system could
be a focal point to elevate its apogee. Additionally, refining the airframe structure to
decrease vehicle weight could potentially augment altitude capabilities.
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Appendices

Figure 6.1: Recovery System Test
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Figure 6.2: Fiber Laying

Figure 6.3: Electronics Bay and Ejection Canister
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